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Abstract Heat flux distribution of supercritical kerosene fueled, single-side expanded 
supersonic combustor with two dislocated cavities was experimentally studied. The effects of 
inlet Mach number, total temperature, mass flow rate and fuel equivalence ratio on the 
combustion and heat transfer characteristics in the supersonic combustor were analyzed. The 
isolator inlet Mach number is 2.0 and 2.5, the total temperature is 1305 K to 1701 K and the 
mass flow rate is 2.0 kg/s to 3.0 kg/s. Pilot hydrogen and liquid or supercritical (773±20 K) 
China No.3 kerosene were injected in front of the cavities with the equivalence ratio ranges 
from 0.52 to 0.88. Results show that heat flux increases with the inlet temperature and mass 
flow rate, however, the influence of equivalence ratio is non-monotonic in the range of this 
study. The two inlet Mach numbers also trigger different combustion modes, which further 
complicates the heat flux distribution. In the end, a three parameter correlation is proposed and 
fitted to normalize the experiment results for comparison and discussion. 
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Nomenclature 
?̇? = Heat flux 
qm = Mass flow 
ϕ = Equivalence ratio 
K1, K2 = Sensitivity of heat flux and temperature difference of the heat flux sensor 
St = Stanton number 
Re = Reynolds number 
Pr = Prandtl number 
Ma = Isolator inlet Mach number 
E = Output signal of heat flux sensor 
Tb = Body temperature of heat flux sensor 
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Th = Temperature at the head of the heat flux sensor 
D = Diameter of the heat flux sensor 
P = Heating power for calibration 
δ = Thickness of the cooling inner wall 
cp = Specific heat at constant pressure 
x = Axial distance from inlet 
Subscript   
0 = Stagnation condition 
Superscript   
* = Reference state of Eckert’s Reference Enthalpy Method 
Introduction 
Measurement of heat flux distribution is critical to the development of thermal protection system for 
supersonic combustor. At flight Mach number about 6-8, the total temperature of gas after combustion may 
exceed 2800 K and the average wall heat flux to the combustor inner wall ranges from 1.0 to beyond 10.0 
MW/m2 depending on the combustor design and the flight condition [1]. In order to deal with the challenge 
of combustor cooling and improve fuel mixing and combustion efficiency, liquid kerosene is heated to a 
supercritical state or even cracked gas by convective heat transfer along the cooling channels in the 
combustor walls before reaching the fuel injector [2]. The heat flux distribution might be changed with 
supercritical kerosene. Besides, heat flux distribution is an important indicator of flow field and heat release 
in the combustor, which could promote the understanding of supersonic combustion as well. 
However, limited amount of previous studies involves direct measurements of heat flux distribution due 
to three technological difficulties to obtain faithful results. First, the high speed corrosive flow in supersonic 
combustor is harsh to the survival and normal working of heat flux sensors attached to the wall. Second, the 
heat flux varies with wall temperature in convective environment as ?̇? = h(Taw-Tw), so the wall temperature 
Tw is needed to interpret the heat flux measurement ?̇?, but simultaneous measurement of wall temperature 
and heat flux is difficult especially for ignited combustor in thermal equilibrium. Third, the size of supersonic 
combustor and the work duration of its test facility limit the choice of sensors [3]. 
In previous studies, Morgan .et.al. shows that the measured heat flux of a model supersonic combustor 
lies between values predicted by laminar and turbulence theory[4], but it is difficult to identify the transition 
regions. Traci et.al. summarized some heat flux distribution measurement data in their report of VITMAC 
heat analysis software package[5]. The Direct-Connect Combustor (DCC) experiment data were obtained 
from 8 calorimeters for Ma = 6, ϕH2 = 0.37 and Ma = 6, ϕH2 = 0.52 flight condition, and the results show that 
heat flux increase with ϕ H2, and the heat flux at inlet rises due to the back pressure caused by combustion 
[5]. But only one wall is measured in the asymmetric combustor, the heat flux on the wall without combustion 
is unmeasured. Then the side-to-side variation of heat flux is measured in Direct-Connect Arc Facility 
(DCAF) experiment of Mach 10 and 12 flight condition [5], which used inner and outer thermocouples at 
18 points to capture the heat flux of two opposite walls. According to the result, the influence of flow 
stratification is ineligible for scramjet, which is also confirmed in the work of Stouffer et.al. [6]. In the work 
of Stouffer et.al., heat flux is measured by 84 co-axial thermocouples with two different fuels (ethylene 
fueled and reformed Jet-A) at Mach 5.6 flight condition, but the equivalence ratio is not given in the 
published report[6]. Ueda et.al. investigated the hydrogen fueled side-wall compression scramjet combustor 
with different fuel injection schemes at one Mach 6 flight condition with 6 Gardon type heat flux sensor [7]. 
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The results show that the heat flux decreased if fuel is injected in the opposite wall, a CFD result was given 
but only order of magnitude could be matched. Paul et.al. used 4 direct-write heat flux sensors to ethylene 
fueled combustor at flight Mach 5 at different equivalence ratio and dynamic pressure, the result confirms 
that heat flux increase with dynamic pressure and equivalence ratio but the spatial resolution is too low[8] 
[9]. With the capability of High Enthalpy Shock Tunnel Göttingen, Gardner et.al. and Jan Martinez et.al. 
used coaxial thermocouple to measure the HyShot and HyShot II combustor in flight condition of about 
Mach 7.6 at about 30 km [10, 11]. Comparing with CFD result, the absolute value of heat flux is sensitive 
to turbulence model and combustion model. In the recent work of Li et.al., 6 Gardon type heat flux sensors 
were used to measure the heat flux of fuel injection wall of a liquid kerosene fueled 2D-type combustor, and 
the heat flux variations with different inflow total temperature, mass flow rate and equivalence ratio were 
studied with Mach 2.5 inflow[12]. The result shows similar trend as previous studies but does not match 
with quasi-1d flow calculation in combustion region due to flow stratification. 
To sum up, heat flux distribution could be influenced by many factors, such as combustor geometry, 
fuel type, equivalence ratio, turbulence, inlet condition, pre-combustion shock train, flow stratification etc. 
The experimental study on heat flux distribution in supersonic combustor is still insufficient in spatial 
resolution, circumferential distribution and parametric study. And because of the complexity in the 
phenomena, it is also noted that usually only orders of magnitude can be matched between experimental, 
empirical and numerical results in combustion region [4, 5, 7]. Comprehensive and parametric study of the 
important influencing factors of heat flux distribution for supersonic combustors is still desirable. 
In order to measure heat flux, heat flux sensors are needed. Working principles of heat flux sensors used 
in aforementioned studies can be divided into two categories: transient method and steady method [5]. A 
typical transient sensor, such as coaxial thermocouple or copper block type calorimeter, consists of a 
temperature sensor and a heat sink [6]. Temporal data of the temperature during the test were recorded and 
a transient heat conduction equation was solved to convert the temperature history to heat flux. This kind of 
method could work on uncooled small scale model combustor with short duration facility and gives 
temperature and heat flux simultaneously. However, the presumed form of heat transfer equation and 
boundary conditions are skeptical in long duration experiment and real combustor geometry [3]. The 
survivability of uncooled model also limits the highest inner wall temperature and running time of 
experiment, which makes it difficult to measure ignited combustor in thermal equilibrium with combustor 
walls. Steady method is another approach used by many researchers [3, 5, 7, 11]. Typical steady heat flux 
sensors include calorimeter, Gardon gauge based sensor and thermopile type sensors etc. Usually steady heat 
flux sensors are larger in size than transient sensors, and the size effect and cooling effect on thermal 
boundary layer and model structure are also greater. But the environment insensitivity, endurance and ease 
of calibration of steady sensor ensure better repeatability and accuracy. Another drawback of steady sensors 
is that the response time of cooled steady sensor is usually a few orders of magnitude larger than transient 
sensor, which means it is unable to capture heat flux fluctuation and thus cannot be used with short duration 
facilities. In this paper, in order to measure the average heat flux of an ignited supersonic combustor on a 
long duration direct-connect facility, in-house made water cooled Gardon type heat flux sensors were 
calibrated and used. 
In this paper heat flux distribution in supersonic combustor is experimentally studied, a special 2D 
water-cooled and kerosene-fueled scramjet combustor was designed and tested. Twenty calibrated heat flux 
sensors were used to measure the heat flux distribution on three combustor walls under different mass flow 
rates, total temperatures, inlet Mach numbers, equivalence ratios and fuel temperature, with the results 
analyzed and discussed. 
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1. Experimental Setup and Operation 
1.1 Long Duration Direct-Connect Supersonic Combustion Test Facility 
Tests were conducted on a Long Duration Direct-Connect Supersonic Combustion Test Facility 
(abbreviated as DTZ in the following) located in State Key Laboratory of High Temperature Gas Dynamics. 
The DTZ shown in Figure 1 consists of an air supply system, an air heater, a nozzle section, a combustor 
assembly, a water-cooling system, a data acquisition and control system and a fuel heating and delivery 
system. Pressure and heat flux measurement systems are attached to the combustor assembly and 
communicated via the data acquisition and control system. 
O2 H2
Fuel Tank
Cooling Water
Gas Valve 
System
Water Pump
Air Heater Combustor AssemblyNozzleP-2
P-4
Air
P-5
Water Valve 
System
P-6
P-8
P-9
P-10
P-44
Two-Stage Fuel Heater
P-11
P-12
P-45
DAQ
&
Control
Pressure Measurement System
P-14P-15P-16P-35P-36P-37P-38P-39P-40P-41P-42P-43
Heat Flux Measurement System
P-7P-8P-9P-10P-11P-12
P-26P-27P-28P-29P-30P-31P-32P-33P-34
Sonic Nozzle
 
Figure 1  Schematic diagram of the test facility. 
The vitiated air, which is supplied by burning H2 in air with oxygen replenishment, has a raised 
stagnation temperature of 700 – 2200 K and a stagnation pressure of 0.6 – 4.0 MPa. The stagnation pressure 
and temperature of the vitiated airflow are measured by using a CYB-10S pressure transducer and a Type-B 
thermocouple, respectively. The mass flow rate of the gas flows (air, hydrogen and oxygen) are controlled 
and measured by sonic nozzles. The mass flow rate coefficients of the sonic nozzles were calibrated with an 
uncertainty less than 1%. The shells of the air heater and other aerodynamic heating parts are cooled by 
water. The total vitiated air mass flow rate is up to 5 kg/s, and the running time is up to 60 s. 
1.2 Combustor Assembly 
Schematic drawing of the combustor assembly is shown in Figure 2, where the cross section of isolator 
inlet is 70 mm×150 mm. The combustor assembly consists of three sections made of stainless steel SUS321, 
i.e. isolator, combustor and expander, which are single-side expanded with 0.7°, 2.0° and 5.3° respectively. 
Two dislocated cavities are placed on the upper wall and the lower wall of the combustor respectively. The 
combustor assembly is cooled by water. The inner wall thickness is 2 mm embed with water cooling channels 
of 3×3 mm2 cross section at intervals of 5 mm. The total wall thickness is 20 mm and the inner wall surface 
roughness is Ra=3.2. The spatial details of cavity modules are shown in Figure 2. Each of the modules has 
a step of 12 mm in depth, an aft ramp of 50º and an overall length-and-depth ratio of 7. The pilot H2 is 
injected from 4×ϕ2.65 evenly spaced holes 64 mm ahead of cavity, liquid kerosene was injected from 9×ϕ0.4 
evenly spaced holes, and supercritical kerosene is injected from 9×ϕ1 evenly spaced holes located 8 mm 
ahead of the cavity. 
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Figure 2  Drawing of the combustor assembly, unit in mm. 
1.3 Fuel delivery and heating system 
In the test cases, the pilot hydrogen and China No. 3 kerosene for combustion are injected at locations 
before the two cavities. Hydrogen is directly injected from gas bottles via pressure regulator and sonic nozzle. 
Liquid kerosene is injected at room temperature via a piston pump driven by ABB frequency converter. The 
supercritical kerosene is supplied by a two-stage fuel heating system as Figure 3. The supercritical kerosene 
is injected at 768±5 K and the injection pressure is adjusted from 2.87 to 4.56 MPa to control the mass flow 
rate. The kerosene mass rate ratio injected at the upstream and downstream locations is 1, which is controlled 
by sonic nozzles with the same diameter. Details of the fuel heating system can be found in literature [13]. 
 
Figure 3 Schematic of kerosene delivery and heating system. (Courtesy of Dr. Taichang Zhang) 
1.4 Static pressure and heat flux measurement system 
The static pressure measurement locations are drilled on the east wall of the combustor assembly, as 
shown in Figure 2. Static pressure is measured by Motorola MPX2200 pressure transducers along the east 
side of the combustor assembly with 50 mm interval except in the periphery of the flanges. The experimental 
uncertainty of the static pressure measurement is about 0.1%. Conditioned signals are collected by data 
acquisition system of DTZ. 
Twenty-four installation locations for heat flux sensors were machined on the upper, lower and west 
side walls of the combustor assembly as shown in Figure 2. The sensors on the upper and lower walls are 
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located in the centerline. As shown in Figure 4, the heat flux measurement system consists of a cooling water 
subsystem, sensors and a data acquisition subsystem. 
Water Pump
Cooling Water
P-17
DAQ
NI PCI 6225
Metering Valve
P-15
Flowmeter
P-55
Filter
Digital Meters
TC-K
Thermocouple
Heat Flux Sensor
Flow Manifold
One Channel
  
Figure 4  Heat flux measurement system (left: flow path diagram; right: photo). 
In the cooling water subsystem, water was pumped by a rotary centrifugal pump (WILO MVI410-
1/16/E/3-380-50-2) to 10 bar and distributed by a manifold to each heat flux sensor via metering valve 
(XiongChuang SS-33S6F), and the flow rate was monitored by flowmeter (NU.ER.T-1.6mm-G1/4). 
The heat flux sensor used in this study was developed based on the principal of Gardon gauge and 
improved by Cheng [14], as shown in Figure 5. The sensor’s diameter is 18 mm, which is 12% of the width 
of the model combustor. The surface roughness at the sensor header is polished to Ra=3.2, the same as the 
inner wall of the combustor assembly. The total heat flux into the sensor is proportional to the output voltage 
signal, and the surface temperature at the sensor head can be estimated using the heat flux via calibrated 
constants. 
Φ18
27
SUS321 Thermal barrier
Copper Shell
Soldering Spot
thermal conducting silicone grease
constantan foil
copper flange
water cooling channel
 
Figure 5 Left: Schematic heat flux sensor, unit: mm; Right: photo. 
The heat flux sensor signals were conditioned using digital meter (Contronix CH6) and acquired by 
data acquisition card (NI PCI 6225) at a sampling rate of 10 Hz per channel. A LabVIEW program was 
developed to collect the experiment data. The working cooling-water flow rate is set at 30 mL/s to ensure 
sufficient cooling of the heat flux sensors. 
1.5 Heat Flux Sensor Calibration 
Before each test, the heat flux sensors were calibrated via two methods: High Temperature Black Body 
Radiation Method (HTBBRM) and Electrical Heating Method (EHM). For EHM, as sketched in Figure 6, 
because the heat flux sensor and heating element is insulted by mullite bricks whose thermal conductivity is 
two order of magnitude lower than metals, nearly all the electric heating power is transferred through heat 
flux sensor and produces the signal E and temperature difference Th-Tb. The sensitivities of the sensor can 
be obtained by linear fitting based on the definitions: 
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1 2
2
4
h b
P
D E
T T
K
E
K




 (1) 
where K1 and K2 are heat flux and temperature difference sensitivities respectively. P is the heating power 
of the electrical heater. D is the diameter of the sensor head, E is the output signal, Th and Tb are the 
temperatures measured at the heater surface and the sensor copper body respectively. For HTBBRM, the 
heat flux is generated by the blackbody radiation from a graphite cavity and monitored by an optical 
pyrometer, which is a standard method [14]. 
1. Heat Flux Sensor
2.Heat Insulating Material
3. Electrical Heating Element
4. Shell
E: Signal
Tb: Temperature of the sensor body
Th: Surface
Temperaure
P: Heating Power
Diameter D
  
Figure 6 Schematic (Left) and photo (Right) of the Electrical Heating Method Calibration 
Device 
The drawback of the HTBBRM is that the surface temperature of heat flux sensor is immeasurable when 
calibrating the heat flux sensitivity K1, and the time and cost is much higher than EHM. But a high heat flux 
up to 100 W/cm2 can be reached. EHM can be used to calibrate the heat flux sensitivity K1 and temperature 
difference sensitivity K2 simultaneously. The results show that K1 from the two methods are within 8% 
difference. However, the K2 cannot be verified by other means now, so the surface temperature estimated in 
the test cases was given in the supplementary data and not used in the following analysis. 
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Figure 7 Calibration data of a heat flux sensor using different methods. 
1.6 Accuracy of installation and machining 
Installation errors have certain impact on the measurement accuracy and thus need to be mentioned 
before interpretation. There are two kind of error identified in experiment setup up like Figure 8. The flanges 
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between the three sections are matched within 1 mm, while the isolator inlet is not so perfectly matched with 
the nozzle outlet but with a dimension error of around 2 mm, accordingly the static pressure and heat flux at 
the first location is disturbed to be asymmetrical. The heads of heat flux sensors are aligned parallel to the 
inner wall surface of the test sections and with a gap distance within 0.1 mm. 
 
 (a) Flange mismatch (b) sensor head misalignment 
Figure 8  Schematics of installation and machining error 
1.7 Experiment procedure 
The time sequence is set as Figure 9. Data acquisition systems start 10 s before the test and shutdown 
at 10s after the test. The vitiated air heater is turned on at 3 s and turned off at 35 s, while the pilot H2 is 
activated from 18 s to 35 s, and the kerosene injection is activated from 20 s to 35 s. Both the aerodynamic 
heating and combustion heating time is set to 15 s respectively. 
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Figure 9  Pressure and temperature profile of Exp No.7 
1.8 Data processing 
The raw data consist of three parts, i.e. test facility operational parameters, streamwise static pressure, 
and heat flux sensor output signals. Test facility operational parameters listed in Table 1 contain the mass 
flow rate qm, total temperature T0, total pressure P0 (which is not independent of qm and T0), pilot hydrogen 
equivalence ratio ϕH2, kerosene equivalence ratio ϕkerosene and nozzle design Mach number Ma. The static 
pressure data was averaged over the last 50% time of each steady stage, where broken sensor data have been 
eliminated. The output signal of the heat flux sensor was averaged over the last 4 seconds at each stage and 
converted to heat flux and wall temperature using calibration data. The heat flux data measured by broken 
sensors were eliminated. Mach number was estimated using a quasi-1D flow analysis program based on the 
static pressure distribution [12]. 
combustor wall   
heat flux sensor 
nozzle 
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Figure 10 static pressure averaging and heat flux sensor data reduction examples.  
1.9 Test cases and grouping 
Fourteen tests were listed in Table 1. They are divided into five groups in order to study the effect of 
each individual factor in each group. However, part of the tests cannot be compared with corresponding 
control cases because there are two parameters change simultaneously. 
Table 1 Test case parameters 
Test 
No. 
Dataset ID Ma T0 (K) p0 (bar) qm (g/s) ϕkerosene ϕH2 Comments 
1 2014011401 2.5 1605 9.66 3086 0 0 Sensor test 
2 2014011402 2.5 1608 9.6 3075 0 0 Sensor test 
3 2014011601 2.5 1595 9.53 3074 0.56 0.189 Liquid fuel 
4 2014012702 2.5 1619 9.51 3091 0.55 0.149 Liquid fuel 
5 2014022501 2.5 1622 8 2578 0 0 Sensor test 
6 2014031101 2.5 1627 8.01 2568 0.72 0.095 Supercritical fuel 
7 2014031701 2.5 1701 8.11 2580 0.59 0 Supercritical fuel 
8 2014031802 2 1289 4.16 2574 0.69 0.094 Supercritical fuel 
9 2014032001 2 1308 4.15 2579 0.88 0.098 Supercritical fuel 
10 2014032002 2 1308 4.15 2577 0.52 0.095 Supercritical fuel 
11 2014032103 2 1314 3.76 2008 0.71 0.096 Supercritical fuel 
12 2014032105 2 1306 4.94 3061 0.7 0.091 Supercritical fuel 
13 2014032402 2 1469 4.45 2556 0.7 0.093 Supercritical fuel 
14 2014032502 2 1686 4.75 2539 0.7 0.093 Supercritical fuel 
Table 2 Grouping of the test cases 
Group No. Test No. Variable Parameter Comments 
0 1,2 - Sensor and facility test 
1 6,14 Ma  2.5 to 2.0 
2 11,8,12 qm About 2.0, 2.5, 3.0 kg/s respectively 
3 10,8,9 ϕkerosene About 0.5, 0.7, 0.9 respectively 
4 8,13,14 T0 About 1300, 1500, 1700 K respectively 
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2 Results and discussions 
2.1 Heat flux sensor in situ test 
The first two test cases are used to check the response time and the reliability of the sensors. Both cases 
are conducted at the same experimental condition except that 5 pairs of heat flux sensors were exchanged 
and reinstalled.  
Figure 11 shows the static pressure and heat flux measurements before and after swapping heat flux 
sensors. Pressure rise indicated by the last four sensors show the influence of back pressure induced 
separation. Due to the single-sided expansion of the combustor assembly, the influence of flow separation 
on heat flux is different for each wall. The heat flux increases from the unexpanded wall to the expanded 
wall, and the highest heat flux is 3.7 to 4.7 times as large as the lowest heat flux.  
Figure 12 shows the response time of heat flux sensors indicated by the time period of signal rise from 
5% to 95%. According to those tests, the response time of the heat flux sensors installed in the combustor is 
8.23±1.20 s, accordingly the test time at every stage is set to 15 s to ensure that the signal E has reached the 
plateau. 
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Figure 11  Test group 1, static pressure and heat flux measurements before and after 
swapping heat flux sensors. (a) The static pressure and calculated Mach number along the horizontal 
line of the east wall. (b,c,d) The heat flux measured on the upper, west and lower walls respectively. 
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Figure 12  5%-95% rise time of a heat flux sensor during test obtained using Origin® . 
2.2 Influence of combustion 
Figure 13 shows the rises in static pressure and heat flux due to the combustion. The peak static pressure 
is about 6 times as high as that without combustion, and the peak heat flux is about 5 times as high as that 
without combustion. Calculated Mach number indicates that the combustor is working at ramjet mode. The 
peak of static pressure lies in front of the peak of heat flux. As expected, the heat flux distribution is 
asymmetrical in the combustor with two dislocated cavities. The upper or lower wall heat flux rises almost 
immediately after the supercritical fuel injection locations. Different heat flux at the same stream wise 
distance is observed for each wall. This phenomena shows that the flow is highly stratified. It is because the 
cross flow jet penetration depth is less than 10 times of injection hole diameter which is Ø1 mm in the tests 
but the height of combustor is larger than 70 mm [15], and the high speed flow in the combustor left little 
time for sufficient mixing. 
The back pressure induced flow separation is suppressed in the test with combustion, as also reflected 
in the vertical distribution of heat flux data points at 1900 mm in Figure 13 (c), where the vertical heat flux 
distribution is flipped, and the max/min heat flux ratio decreases from 2.5 to 1.2 with combustion. 
Another phenomena worth noticing is that the heat flux drops more rapidly on upper wall at 1400mm 
to 1500mm than that of lower wall. It can be attribute to the small turning angle of expander section with 
respect to combustor section.  
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Figure 13  Result of Test No.12 with or without combustion. (a) The static pressure and 
calculated Mach number along the horizontal line of the east wall. (b,c,d) The heat flux measured on the 
upper, west and lower walls respectively. 
2.3 Influence of equivalence ratio 
In the test group 3, the supercritical kerosene equivalence ratio ϕ kerosene is increased from 0.52 to 0.88. 
The test data is shown in Figure 14. According to Figure 14, the combustion induced pressure rise in the 
isolator moves forward and the pressure peak increases with ϕ kerosene. The starting point of subsonic region 
moves forward but the ending point keeps fixed as ϕ kerosene increases.  D
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Figure 14 Test group 3: φkerosene≈0.5, 0.7, 0.9, keeping T0≈1300K, qm≈2.5 kg/s, φH2≈ 0.1. 
The heat flux varies weakly and non-monotonously with ϕ kerosene in the examined equivalence ratio 
range. This phenomena is contradictory to the previous studies.  
First, we checked the cooling water outlet temperature rise in Figure 15. The cooling water flow rate 
for combustor section is kept at 2.23±0.01 kg/s for all tests. The curve of cooling water outlet temperature 
indicates that the total heating rate is almost the same and even decrease with equivalence ratio.  
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Figure 15 cooling water temperature rise history during experiment. 
D
ow
nl
oa
de
d 
by
 C
H
IN
ES
E 
A
CA
D
EM
Y
 O
F 
SC
IE
N
CE
S 
on
 M
ay
 4
, 2
01
7 
| ht
tp:
//a
rc.
aia
a.o
rg 
| D
OI
: 1
0.2
514
/6.
201
6-4
112
 
14 
American Institute of Aeronautics and Astronautics 
A possible explanation is the variation in the injection pressure of the supercritical kerosene. In the tests, 
the supercritical kerosene is always choked to control its mass flow rate and avoid downstream interference, 
thus the mass flow rate is determined solely by the stagnation pressure. In order to reduce the ϕ kerosene, the 
upstream pressure of supercritical kerosene is decreased from 49 bar, 37.9 bar to 28.7 bar for Test No.9, 8 
and 10 correspondingly, where the penetration depth reduces accordingly. And we suppose the nearer to the 
wall the combustion zone is, the more heat release is transferred to the wall. The rapidly decreasing pressure 
profile in the second half of the combustor also indicates the combustion is insufficient for higher injection 
pressure. However, further study of this phenomenon is needed to verify this explanation. 
Another interesting phenomena is the first heat flux measurement of lower wall in Exp.No.9. It is the 
only abnormal heat flux rise in all test cases. This heat flux rise can be attributed to the combustion induced 
pressure rise which has propagated upward to isolator inlet. It is an evidence of shock wave induced heat 
flux rise in the isolator. 
2.4 Influence of mass flow rate 
The results of test group 2 are shown in Figure 16. According to Figure 16, the general trends of static 
pressure, calculated Mach number and heat flux distribution are similar for the test cases at different mass 
flow rates, but the magnitudes of them increase almost monotonously with increasing mass flow rate except 
at the separation zone occurred at the exit. The peak of heat flux varies nearly proportionally with the mass 
flow rate because according to theoretical analysis, the heat flux ?̇? is proportional to qm0.8: 
 
2/5
0.8
1/5
St
Pr R
0
e
.0287 m
p p m
q
uc T c T q
A
q         (2) 
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Figure 16 Test group 2: qm changes from 2.0 kg/s to 3.0 kg/s, keeping T0≈1300K, ϕkerosene≈0.7, 
ϕH2≈0.1. 
2.5 Influence of total temperature 
The test results of group 4 are shown in Figure 17. According to Figure 17, increasing T0 moves pressure 
rise location in the isolator forward and increases the peak static pressure, and the length of subsonic region 
is shortened. But the static pressure distributions after the first cavity are almost the same. The heat flux 
increases with T0, and the general trend is almost the same for lower wall. But for the upper wall, the shape 
becomes different in high heat flux region after the first cavity. The trend indicates that the upper wall heat 
flux decrease more rapidly for lower T0 case. D
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Figure 17 Test group 4 with T0 varies from 1289K to 1687K, keeping qm ≈ 2.5 kg/s, 
ϕkerosene≈0.7, ϕH2≈0.1. 
2.6 Influence of inlet Mach number 
The test results of group 4 are shown in Figure 18. According to Figure 18, the Mach 2.5 inlet flow 
shows lower static pressure and a farther initial pressure rise location. But in the expansion section, the 
pressure distributions are almost the same for the two examined inlet Mach numbers. According to the 
calculated Mach number, the combustor works at scramjet mode in the Mach 2.5 case and ramjet mode in 
Mach 2.0 case. 
The heat flux distributions show more complicated behavior than the static pressure distributions, since 
the influence of combustion mode cannot be easily evaluated. Because the total temperature is the same, 
higher Mach number result in higher Reynolds number and hence lower Stanton number. The recovery 
temperature is also lower for higher Mach cases. As a result, the isolator heat flux of Mach 2.5 case is lower 
than Mach 2.0 cases. On the upper wall, the heat flux of Mach 2.5 case is lower than that of Mach 2.0 case 
until the last sensor location. But on the lower wall, the heat flux of Mach 2.5 flow becomes higher after the 
isolator. This phenomenon shows that both heat flux magnitude and asymetricity has been greatly influenced 
by the inlet Mach number. 
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Figure 18 Test group 1with test cases of inlet Mach 2.5 and Mach 2.0, keeping T0≈ 1650K, qm≈ 
2.5kg/s, ϕkerosene≈0.7, ϕH2≈0.1. 
3 Analysis 
According to the existing literatures, the radiative heat flux contributes no more than 10% of the 
convective heat flux in scramjet combustor of limited size [16, 17]. So the radiative heat transfer is neglected 
in the following analysis. And the heat flux can be calculated by the equation (3). 
 ( ) ( )aw w rad aw wq h hT T q T T       (3) 
where h is the convective heat transfer coefficient of the gas, Tw and Taw are the inner wall and adiabatic wall 
temperatures. According to the widely used Taw correlation[1], and because the Pr
* ≈ 0.73 and γ ≈ 1.30 in 
the range of interest,  
 
3 * 2
2
3 *
0 0
2
 for Ma
1 Pr
1
Pr (0.93 0.01 [1,)
2
1
1
4]aw
p
Ma
T T T
c
Ma
u
T




 


    


 (4) 
the Taw is primarily determined by T0 and is almost independent of Mach number in range 1 to 4, Thus, it 
arrives, 
 0(0.93T T )wq h    (5) 
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With sufficient cooling water flow and thermal resistant coating, wall temperature Tw varies little. So the 
variation of heat flux can be attributed to two major factors, i.e. the change of h and the change of T0 : 
 0
0
0.93
0.93 wq
Tq h
h T T
  
 

  (6) 
 In the supersonic combustor with given inflow total temperature T0, the heat loss to the wall is usually 
negligible. The only cause of large variation of T0 is the combustion. Comparing the results with and without 
combustion, and the results of group 4, it can be clearly seen that the total temperature impacts heat flux 
significantly. 
On the other hand, h depends on the local condition of boundary layer. For turbulent flat plate boundary 
layer, there is correlation to determine h as equation (7). 
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uc c q
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q
h xA

        (7) 
If the boundary layer grows without disturbance, h decreases with x-0.2 for turbulence boundary layer 
on flat surface without pressure gradient. But the flow field in supersonic combustor is filled with 
disturbances such as shockwave, flow separation, combustion, fuel injection and geometric sharp turns. The 
boundary layer may be thickened or even separated by adverse pressure gradient, which changes heat transfer. 
even small local separation can cause large rise in peak heat flux at a factor of 2-3 [1]. The heat flux rise at 
the exit of combustor caused by pressure induced flow separations is an evidence of the influence of adverse 
pressure gradient. Another evidence is the coincidence of the heat flux rise and pressure rise in the isolator 
where T0 does not increase yet. 
However, the combustion and boundary layer are closely coupled in the supersonic combustor. The 
contributions of T0 and h are difficult to separate. The heat flux distribution is non-monotonously affected 
by various flow parameters, and a through parameter analysis of the heat flux distributions need to be 
combined with the internal flow field analysis in the combustor to interpret the results. 
3.1 Three-parameter correlation of average heat flux in the isolator 
Considering a relatively simple flow in the isolator without combustion, the average heat flux of isolator 
only depends on T0, Ma and qm. Based on the form of equation (5) and (7), a three-parameter correlation 
formula is proposed,  
  0.8 20(T ) 1 b Mamq K cq        (8) 
where the dependence of Mach number is added to account for compressible effects. 
The experimental data in the Table 3 is used for the fitting, and a resulted equation is given as 
equation(9). 
  2
0.8
20T27.03 0.653 1 0.05766
[W/ cm ] 1000[K
Ma
[k / ]g s]
mqq         







  (9) 
The fitted results are shown in Figure 19, and the correlation quality is summarized in Table 4, where 
the R2 = 0.98 means that 98% of the heat flux can be successfully explained by the semi-empirical formula 
(8). 
Table 3 Independent, dependent and fitted data of average heat flux in the isolator 
Exp.No. Ma T0 qm ?̇?avg,isolator fitted ?̇? 
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Unit  1000K kg/s W/cm2 W/cm2 
1 2.5 1.605  3.086 39.59 40.56 
2 2.5 1.608  3.075 40.22 40.57 
3 2.5 1.595  3.074 38.78 39.99 
4 2.5 1.619  3.091 40.74 41.18 
5 2.5 1.622  2.578 36.91 35.72 
6 2.5 1.627  2.568 37.47 35.81 
7 2.5 1.701  2.58 39.15 38.68 
8 2 1.289  2.574 28.73 28.18 
9 2 1.308  2.579 29.16 29.05 
10 2 1.308  2.577 29.05 29.07 
11 2 1.314  2.008 23.11 24.03 
12 2 1.306  3.061 33.67 33.22 
13 2 1.469  2.556 35.58 35.94 
14 2 1.686  2.539 45.29 45.25 
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Figure 19 Fitted results 
Table 4 Summary of the correlation quality 
K c b Statistics 
Value 
Standard 
Error 
Value 
Standard 
Error 
Value 
Standard 
Error 
Reduced 
χ2 
Adj. R2 
27.02864 1.94519 0.6529 0.0408 -0.05766 0.00394 3.12408 0.9787 
Figure 20 shows the normalized heat flux using Eq. (9) for all cases. Without combustion, the agreement 
is good for heat flux in the front part of combustor but becomes bad in the expander section. This suggests 
that the cavities and expansion deteriorate the similarity of heat flux distributions. For Mach 2.0 cases, the 
divergence begins at the flow separation region. For Mach 2.5 cases, the divergence begins at the first cavity, 
which indicates the Mach 2.5 flow is more easily to be disturbed. 
With combustion, for Mach 2.0 cases, the magnitude diverges after fuel injection, but the trends are 
almost the same. The peak normalized heat flux nearly increase with decreasing total temperature. For Mach 
2.5 cases, the liquid fuel and supercritical fuel shows significant different heat flux distribution pattern. The 
correlation fitted with cases without combustion underestimated the influence of total temperature in 
combustion region. The peak location of liquid fuel cases is behind the supercritical fuel cases and the 
asymmetricity is more significant for liquid fuel cases. 
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Figure 20 Normalized heat flux distribution 
4 Concluding remarks 
In this study, measurements of heat flux distribution of a water cooled supersonic combustor with two 
dislocated cavities were performed. Some important conclusions can be drawn from the analysis as follows. 
 Flow in the scramjet combustor with dislocated cavities is stratified and the heat flux distribution is 
asymmetric. When flow separation occurred due to unmatched ambient pressure, the heat flux on 
unexpanded wall is higher than that on expanded wall.  
 Combustion significantly influences the general trend and the magnitude of heat flux distributions. The 
ratio of peak heat flux after and before combustion is 2.35 to 3.40 in the investigated parameter range, 
and the maximum heat flux with combustion is 5.0 to 7.8 times of the local heat flux before combustion. 
In general trend, the heat flux of each wall rises gradually with combustion induced pressure rise and 
increases sharply just before the injection fuel. The peak heat flux location is not fixed but the high heat 
flux plateau including the peak covers about 4 to 5 times of the cavity length for each wall, then the 
heat flux decreases gradually in the expander section except at the exit where a small rise may occur 
due to the flow separation caused by unmatched ambient pressure. 
 The normalized heat flux distribution is relatively insensitive to mass flow rate and inflow total 
temperature. But the magnitude increases with increasing mass flow rate and inflow total temperature. 
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The heat flux depends on mass flow rate with an exponent of 0.8, which conforms to turbulent boundary 
layer theory. The influence of equivalence ratio on the heat flux distribution is observed to be 
insignificant and non-monotonous, which is possibly due to that the decrease of kerosene injection 
pressure causes closer combustion zone to the walls. The influence of inlet Mach number is more 
profound and complicated because different combustion modes are involved. Further investigation the 
influencing mechanism of those parameters is needed. 
 A three-parameter correlation as a function of total temperature, inlet Mach number and mass flow rate 
is proposed to fit for average heat flux in the isolator without combustion. The heat flux distribution 
normalized using the correlation indicates there is certain similarity in cases without combustion, which 
is stronger in Mach 2.0 cases than Mach 2.5 cases. But the similarity can be disturbed by combustion 
and cavities. 
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